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Lift capability improvement for an airfoil with
filled cavity

Constantin Rotaru

Abstract—This paper proposes an improved airfoil model for the
helicopter rotor blade. This airfoil has a filled cavity on the upper
surface where the filled body is a free rotating cylinder. The effect on
the flow around the airfoil is the generation of vortices that reduce the
flow separation downstream of the cavity. The CFD and vortex panel
method results show an enhanced lift capability both for advancing
and retreating helicopter rotor blade.
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HE classical unsteady aerodynamic theories describing
the observed behavior have formed the basis for many
types of rotor analysis. The tools for the analysis of 2-D,
incompressible, unsteady aerodynamic problems were
extended to compressible flows, being a basis for developing
linearized unsteady aerodynamic models applicable to
compressible flows. At the blade element level, the various
sources of unsteady effects can be decomposed into
perturbations to the local angle of attack and velocity field. At
low angle of attack with fully attached flow, the various
sources of unsteady effects manifest as moderate amplitude
and phase variations relative to the quasi-steady airloads. At
higher angles of attack when time-dependent flow separation
from the airfoil may be involved, a phenomenon characterized
by large overshoots in the values of the lift, drag and pitching
moment relative to the quasi-steady stall values, may occur.
One important parameter used in the description of
unsteady aerodynamics und unsteady airfoil behavior is the
reduced frequency, k, defined as k =w-c/(2V), where o is

the angular frequency, c is the chord of the airfoil and V is the
flow velocity. According to the dimensional analysis, the
resultant force, F, on the airfoil of chord c, can be written in

functional form as F/(pv 2cz): f(Re, M ,k). For k=0 the

flow is steady and for 0 <k <0.05 the flow can be considered
quasi-steady, that is, unsteady effects are generally small.
Flows with characteristic reduced frequencies above of 0.05
are considered unsteady [1]. For a helicopter rotor in forward
flight (fig. 1), the reduced frequency at any blade element
can’t be exactly calculated, but a first order approximation for
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Fig. 1 helicopter main rotor

The problem of finding the airloads on an oscillating airfoil
was solved by Theodorsen, who gave a solution to the
unsteady airloads on a 2-D harmonically oscillated airfoil in
inviscid, incompressible flow, with the assumption of small
disturbances. Both the airfoil and its shed wake were
represented by a vortex sheet with the shed wake extending as
a planar surface from the trailing edge downstream to infinity.
The assumption of planar wake is justified if the disturbances
remain relatively small. As with the standard quasi-steady thin

airfoil theory, the bound vorticity, vy, can sustain a pressure
difference and, therefore, a lift force [2]. The wake vorticity,
Yw. must be force free with zero net pressure jump over the

sheet. According to the Theodorsen’s theory, the solution for
the loading y, on the airfoil surface under harmonic forcing

conditions is obtained from integral equation
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where w is the downwash on the airfoil surface.

So long as the circulation about the airfoil is changing with
respect to time, the circulation is continuously shed into the
wake and will continuously affect the aerodynamic loads on
the airfoil. For a general motion, where an airfoil of chord

c=2b is undergoing a combination of pitching (a,d) and

plunging (h) motion in a flow of steady velocity V,
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Theodorsen’s solution for the lift coefficient and pitching
moment coefficient corresponding to mid-chord My, o are
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where a is the pitch axis location relative to the mid-chord of
the airfoil, measured in terms of semi-chord and
C(k)=F(k)+iG(k) is the complex transfer function (known

as Theodorsen’s function) which accounts the effects of the
shed wake on the unsteady airloads,
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with Jg, J1,Yp, Y, being Bessel functions of the first and
second kind, respectively (fig.2).
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Fig. 2 Bessel functions

The real and imaginary parts of C(k) function are plotted

in fig. 3. It could be appreciated that C(k) function serves to

introduce an amplitude reduction and phase lag effect on the
circulatory part of the lift response compared to the result
obtained under quasi-steady conditions [3].
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Fig. 3 Theodorsen’s function

This effect can be seen if a pure oscillatory variation in

angle of attack is considered, that is, uzaei“)t, so the

circulatory part of the airfoil lift coefficient is given by
¢ = 2naC(k) = 2nafF (k) +iG(k)] 4)
For k =0, the steady-state lift behavior is obtained, that is,
C, is linearly proportional to o. As k is increased, the lift

plots develop into hysteresis loops and these loops rotate such
that the amplitude of the lift response (half of the peak-to-peak
value) decreases with increasing reduced frequency. These
loops are circumvented in a counterclockwise direction such
that the lift is lower than the steady value when o is
decreasing with time (i.e., there is a phase lag). For infinite
reduced frequency the circulatory part of the lift amplitude is
half that at k =0 and there is no phase lag angle.

One of the most important characteristics used to judge the
performance of an airfoil is the maximum static lift capability.

This is a quantity that is not easily predicted even with
computational methods and experimental measurements. Even
from an experimental perspective, absolute values of C, .

are difficult to guarantee with high precision and especially
between tests performed in different wind tunnels. The
maximum lift that can be developed by an airfoil when
operating at a steady angle of attack is related to the type of
stall characteristic of that airfoil. At low speeds, airfoils
generally fall into three static stall categories, namely thin
airfoil stall, leading edge stall and trailing edge stall. The
measurements show that thin airfoil and leading edge stalls
can be fairly sensitive to changes in airfoil shape, whereas
trailing edge stall is insensitive. Most conventional helicopter
rotor airfoils fall into the category of trailing edge or leading
edge stall types at low to moderate Mach numbers. It is also
common for a mixed stall behavior to occur on some airfoils
which is a stall characteristic that is not clearly one type or
another [4].

Airfoils designed for helicopter applications have
traditionally been obtained through a long evolutionary
process in which various levels of theory and experimental
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measurements have been combined in the pursuit of airfoil
shapes with higher values of maximum lift, better lift-to-drag
ratios, lower pitching moments and higher drag divergence
Mach numbers. In general, these requirements are conflicting,
making the design of general purpose rotor airfoils extremely
challenging. Instead, various families of airfoils have been
developed and optimized to meet the specific needs of
different parts of the rotor blade. The use of different airfoils
along the blade is made easier because of computer-aided
design and composite manufacturing capability which
involves only small additional costs over blade made with a
single airfoil section [5].

The selection of airfoil sections for helicopter rotors is more
difficult than for a fixed-wing aircraft because they are not
point designs. For angle of attack and Mach number vary
continuously at all blade elements on the rotor and one airfoil
section cannot meet all the various aerodynamic requirements.

The rotor limits may be determined by either advancing
blade compressibility effects or retreating blade stall. Because
the onset of flow separation may limit rotor performance,
there has been a great deal of emphasis in rotor design on
maximizing the lifting capability of rotor airfoil sections to
simultaneously alleviate both compressibility effects and
retreating blade stall. The rotor design point must recognize
the influence of both effects as limiting factors as well as
allow sufficient margins from the stall/compressibility
boundary for perturbations in angle of attack and Mach
number associated with maneuvering flight and turbulent air.

The aerodynamic characteristics of rotor airfoils must be
assessed at their actual operational Reynolds numbers and
Mach numbers. The maximum lift coefficient, C, .. can be

used as one indicator of the significance of viscous effects. At
the low end of the practical Reynolds number range for rotors,
most airfoils have relatively low values of C, . . This is

because the viscous forces are more determinant, the boundary
layer is thicker and the flow will separate from the airfoil
surface [5].

At higher angles of attack the adverse pressure gradients
produced on the upper surface of the airfoil result in a
progressive increase in the thickness of the boundary layer and
cause some deviation from the linear lift versus angle of attack
behavior. On many airfoils, the onset of flow separation and
stall occurs gradually with increasing of angle of attack but on
some airfoil (those with sharp leading edges), the flow
separation may occur quite suddenly. In the stalled flow
regime, the flow over the upper surface of the airfoil is
characterized by a region of fairly constant static pressure. The
pitching moment about Y%-chord is much more negative
because with the almost constant pressure over the upper
surface the center of pressure is close to mid-chord. Less lift is
generated by the airfoil because of the reduction in circulation
and loss of suction near the leading edge and the drag is
greater. Under these separated flow conditions, steady flow no
longer prevails, with turbulence and vortices being ahead
alternately from the leading and trailing edges of the airfoil
into the wake [7].
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The envelope of rotor thrust limits is the outcome of
operation on the blades of stall effects at high angle of
incidence and compressibility effects at high Mach number.
Usually the restrictions occur within the limits of available
power. In hover, conditions are uniform around the azimuth
and blade stall sets a limit to the thrust available. As forward
speed increases, maximum thrust on the retreating blade falls
because of the drop in dynamic pressure and this limits the
thrust achievable throughout the forward speed range. By the
converse effect, maximum thrust possible on the advancing
side increases but is unrealizable because of the retreating
blade restriction. At higher speeds, as the advancing tip Mach
number approaches 1.0, its lift becomes restricted by shock-
induced flow separation, leading to drag or pitching moment
divergence, which limits the maximum speed achievable.
Thus, the envelope comprises a limit on thrust from retreating
blade stall and a limit on forward speed from advancing blade
Mach effects [8].

The ability to develop computers methods in performance
calculation has been a major factor in the rapid development
of helicopter technology. Results may often not be greatly
different from those derived from the simple analytical
formulae but the fact that the feasibility of calculation is not
dependent upon making a large number of challengeable
assumptions is important in pinning down a design, making
comparisons with flight tests [9].

Helicopter rotor blades have a much stiffness and effective
damping than the wing of a fixed wing aircraft for the in-plane
degree of freedom. Whereas the blade flapping torsion degrees
of freedom are influenced by the lift and pitching moment, the
lead-lag degree of freedom is influenced by the drag. The
blade lead-lag motion may couple with the flapping or torsion
degrees and may lead to an aeroelastic instability of the
blades. In the rotor plane there are a large number of vertical
disturbances that lie in proximity to the blades, being
significant on the advancing and retreating sides of the rotor,
where the blades may interact with tip vortices.

Il. HELICOPTER ROTOR BLADE AERODYNAMIC LIMITS

The rotor limits may be determined by two conditions, one
codition given by advancing blade compressibility effects and
the other one condition given by retreating blade stall. In
either case the advancing blade operates at low angle of attack
but at high subsonic or transonic conditions, whereas the
retreating blade operates at low Mach numbers and high lift
coefficients [10].

The region of the rotor disk affected by compressibility
effects is shown in fig. 4 and is defined on the surface where
the incident Mach number of the flow that is normal to the
leading edge of the blade exceeds the drag divergence Mach
number, My, . If M g is the hover tip Mach number, than the
region of the disk affected by compressibility effects is
defined by

My, =Mg(r+using)> My (®)
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Fig. 4 helicopter rotor blade in fgrward flight

The angular or rotational speed of/the rotor is denoted by
Q, the rotor radius by R/ the advanced ratio
u=V cosa/ R and r=y/R where y is the axis along
the rotor blade and « is the angle between the forward
velocity V_ and the plane of the rotor [1, 2]. The azimuth

angle for the onset drag divergence, w;, can be obtained by
setting r =1, so that

Y= arcsinﬂ%( "\\A/'dd - 1JD (6)
R

and v, =180 -y .

Another complication with helicopter rotors is that the
wakes and tip vortices from other blades can lie close to each
other and to the plane of blade rotation and so they have
large induced effects on the blade lift distribution (fig. 5).

kHO

Yref

Tip Vortex
filament

Fig. 5 tip vortex trajectory
If the wake is assumed to be undistorted in the tip path

plane and no wake contraction occurs in the radial direction,
then the tip vortex trajectories are described by the equations
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X = Rcos(yy, — 7y )+ Ruy,,

) )
y = Rsin(yy -

where , is the position of the blade when the vortex was
formed and y,, is the position of the vortex element relative to

the blade. These interactions of blades and tip vortices (called
blade-vortex-interactions) can occur at many different
locations over the rotor disk and also with different
orientations.

I11.  AIRFOIL BLADE WITH FILLED CAVITY

Two-dimensional simulations were performed for a
standard NACA 2412 airfoil with and without cavity. Both
edges of the cavity are sharp in order to fix the separation
point (forward edge) and to maximize the feedback loop of the
shear layer (rear edge). The cavity was filled with a rotating
small cylinder for improving the circulation around the airfoil
(fig. 6).

/'\

C T

Fig. 6 airfoil with filled cavity

The computational domain extends to a distance of 12
chords lengths in the upstream and downstream directions and
three chords lengths in the upper and lower normal directions.
The distance between the discrete points at which the non-slip
condition is enforced needs to be equal to or slightly greater
than the grid spacing. The grid resolution and domain size
were varied in order to assess convergence and influence of
the far-field boundary condition. The Reynolds number was
sufficiently high such that the formation of large scale vortices
and the subsequent pairing of these structures gives rise to
aperiodic low frequency oscillations that are difficult to
characterize because the run times are not sufficiently long to
observe many periods.

The CFD results are presented in the figures 7-10.

Fig. 7 airfoil without cavity: pressure distribution
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Fig. 8 airfoil with filled cavity: pressure distribution
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Fig. 9 airfoil without cavity: velocity distribution
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Fig. 10 airfoil with filled cavity: velocity distribution

The relative high thickness of the airfoil without a cavity
causes a laminar separation which initially starts
approximately half a chord length from the leading edge. At
very high angles of attack the flow over the airfoil with cavity
separates well before the forward edge of the cavity. The
separated flow displays a strong interaction with the cavity
and this interaction causes the flow to shed smaller scale
structures than the airfoil without cavity at the same angle of
attack.
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IV. PANEL METHOD RESULTS

Potential flow over an airfoil of arbitrary shape can be
synthesized by combining uniform flow with a curved vortex
sheet wrapped around the surface of the airfoil. The concept of
replacing the airfoil surface with a vortex sheet is more than
just a mathematical device because there is a thin boundary
layer on the surface, due to the action of friction between the
surface and the airflow, in which the large velocity gradients
produce substantial vorticity, hence, there is a distribution of
vorticity along the airfoil surface due to viscous effects [5].

The vortex strength, »(s) must vary along the surface such

that the normal component of velocity induced by the entire
sheet and the uniform flow is zero everywhere along the
surface of the airfoil. In most cases, the strength distribution
necessary to satisfy this condition is difficult to be determined
analytically. For numerical computations, such sheet can be
approximated as a series of flat vortex panels wrapped around
the surface of the airfoil (fig. 11).

Fig. 11 vortex sheet

To define the vortex panels, a series of nodes is placed on
the airfoil surface, such that the nodes are clustered more
tightly near the leading and trailing edges. The change of
variable x/c = (L-cos@)/ 2 provides the desired clustering in
X.

The panels start at the trailing edge, are spaced forward
along the lower surface, are wrapped up around the leading
edge and then run back along the upper surface to the trailing
edge so that the last panel ends at the trailing edge where the
first panel began. The vortex strength y(s) of each panel is
assumed to be linear along the panel and continuous from one
panel to the next. That is, for the n panels, the vortex panel
strengths are 71, 75 ,.cvee. 7., and the main thrust of the panel

technique is to solve for y;, j=1 to n, such that the body

surface becomes a streamline of the flow and such that the
Kutta condition y, = —y, is satisfied (fig. 12).

k+1

Fig. 12 vortex panel distribution

To solve for the n unknown nodal vortex strengths, at the
center of each panel is defined a control point where the
normal component of the flow velocity is imposed to be zero.
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For an even number n of nodes, the points X,
i=12,..... n/2 on the chord line are computed from the

following algorithm:

50=-" x =Sl _cosl[i-Llso|!, i=1,2.3.....n/ 2
n-1 2 2

The lover and upper surface coordinates for an airfoil can
be obtained from the camber line geometry, yc(x), and the

thickness distribution, t(x) as follows

X1 (%)= x; + tx) dyé (X)I
211 ( i j B
| (8)
Y| (XI): yc(x|)_ t(xi) -
2 1+[(W5)Ex)j
X, (%)= % — t(x) dy(; (x),
+ dyC(X) ? X X=X
21 ( i j 3
| (©)
Yy (Xi): yc(Xi )+ t(xi) -
2 1+(dyé)gx)j

For a point x; on the chord line (fig. 13) we have two nodes

on the airfoil, one node on the lower line of the airfoil,
Pn X, (%), Y;(x; )]and the other one on the upper line of the
—+1-i
2

airfoil, PLi[xu(xl),Yu(xi)].

yA
Pn .
—+i
_Zw --------
e W R
XX R\ L X
------ P P2 Pl
%+1—i

Fig. 13 the upper and lower lines nodes

A second-order panel method assumes a linear variation of
#(s) over a given panel and the value of y(s) at the edges of

each panel is matched to its neighbors (fig. 14). The flow-
tangency boundary condition is still applied at the control
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point to each panel.

Yia i
y‘”
i1 Control i+1
OINtS

Fig. 14 linear distribution of 7(3)

The coordinates of these control points are given by

X X
Xc(i): Pi+2 R
10
. YP+YP1 (10)
AU ELRALN

Each panel is assigned a local panel coordinate system
(5,77) as shown in fig. 15.

Fig. 15 vortex panel coordinate system

For each panel, an infinite number of infinitesimally weak
vortices are combined in side-by-side fashion as shown in fig.
16.

Fig. 16 edge view of a 2-D vortex panel

Consider a differential segment of a vortex panel that lies
on the &£axis at the location &=sand has length ds. The

velocity induced at any point (5, 77) by this differential vortex

is normal to the vector I and has a magnitude inversely
proportional to the distance between the points of coordinates

(s,0) and (£,77), namely r =|F|. The &-and 7- components

373
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of the wvelocity induced at the point (5,77) by this
infinitesimally vortex panel are given by

dV,; =dV,sing =®sin¢9ds
zr

( ) (1)
dV =-dV,cos0 =— > cosdds
2rr
According to fig. 16 we have
sin@ = n
r
(12)
cosé = ﬁ
r
where r =4/(E—sf +7?.
It follows that
ny(s)
dv, = ds
¢ 2ﬁ(§—3)2+772
(13)
. Me=s)As)
¢ 27 (5—5)2 +772

A linear vortex strength distribution on the panel j
extending from £ =0to & =1; has the expression

7(S)=@S+71
J

y =\/(Xj+l_xj>2+(yj+l_yj>2

The matrix of the velocities Vg and Vq is

(14)

where

(15)

V.l o[ G-geem @ [y (16)
V| 2|1 - -g)AtnB 1 -A-B| |7

where
2. 2
Azéln §I +277 5
slif (17)
I
B= arctan’—§+ arctané
n H

In order to get the velocity induced by panel j at the control
point of the panel i, the coordinates of control point must be

expressed from the coordinate system (x, y) in the coordinate
system (§,77) of panel j, making a rotation with angle S; and

a translation in the point (xj : yj) as it follows
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Yiaa—Yj
|

‘ (18)
cos fj = _

FC(i)} [cosﬂj sinﬁj] [xc(i)—xj]
= ) (19)
nc(i)] |—sing; cospi| | ve

(i)-y;
V, ()] [cosp; —sinp;][Veli) )
[Vy(i)] [smﬂJ cos } { ,](I)]
_L{Xﬁl_ j (yJ+1 )}
2”'1'2 Yin—Yj Xju1 = Xj
(- & ()8 +7c (i)A B-nci) i
[ _<Ij _fc(i))A“?c(i)B I —fc(i)A—Uc(i)B].L/m]

[vx(i)HPn(j,i) Plz(j,i)H /) ]

Vy(i) ) le(j:i) sz(j,i) Vi1

_ The velocities in the coordinate system (&,7;) of the panel

lvé(i)}_lcosﬁi Sinﬂiil.livx(i)]

v, ()] |-sing cos | |Vy(0)

I .[PH(JJ) Plz(j,i)Hyi]
—y”ll__ Ji X”ll._xi Pu(iii) Po(ii)] [7in

The velocity V, (l) induced in the control point of panel i by
panel j is

Vn(i):{—

+(_ Yisr Vi Plz(j’i)+

singj =

or

(20)

(21)

Yi+1|— Yi Pll(j,i)+ Xi+1l_

i i a le(j,i)jyi

(22)

|
The nxn airfoil coefficient matrix M is generated from the
2x2 panel coefficient matrix in airfoil coordinates, P(i, )

for the velocity induced at the control point i by panel j,
extending from node j to node j+1, and the n nodal vortex

Xi+l|_ a Py (j :i)}/m

strengths, y;, through y, are then obtained by numerically
solving the linear system

F _[(Y2 - yl)cosa _(Xz - xl)sina]/ l ]
72 [(y3—y2)0050‘_(x3—x2)sina]llz

Y TS TR
Vn-1 [(Yn - yn—l)cosa _(Xn - Xn—l)sma]/ In_y
R4 L 0.0 J
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Once the nodal strengths are known, the velocity and
pressure at any point in space can be computed by adding the
velocity induced by all n—1 vortex panels in the free stream

velocity, .
el )]

The lift coefficient for the entire airfoil is the sum of those
induced by all the n—1 panels,

(23)

c - ”Z’:”_. YitVia
i-1¢c V.

o0

(24)

V. RESULTS

For the clean airfoil at « =0" the flow initially separates
around 50% of the chord length and this separation causes a

periodic vortex shedding in the wake of the airfoil. At « =10°

and « =15° the separation bubble and the vortex structures
are larger and the separation point on the suction side moves
upstream with increasing the angle of attack. The separated
vortices tend to merge into larger structures before being shed
into the wake.

The filled cavity has a strong influence on the structure of
the flow in the separation bubble. It promotes smaller-scale
vortex shedding than would otherwise occur for the airfoil
without a cavity at the same angle of attack.

VI. CONCLUSIONS

The section lift coefficients predicted by thin airfoil theory
and panel codes are in good agreement with experimental data
for low Mach numbers and small angles of attack. The airfoil
with filled cavity gives good results regarding the maximum
lift coefficient and the behavior of the helicopter retreating
blade.
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